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SUMMARY 
Several unmanned multiple-target mission opportunities to comets and 
asteroids have been studied. The targets investigated include Grigg-Skjellerup, 
Giacobini-Zimer, Tuttle-Giacobini-Kresak, Borrelly, Halley, Schaumasse, 
Geographos, Eros, Icarus, and Toro, and the trajectories consist of purely 
ballistic flight, except that powered swingbys and deep space b-lrns a r e  employed 
when necessary. 
Optimum solar el&ric rendezvous trajectories to the comets Giacobini- 
~ inner /b5 ,  ~orre l ly /87,  and ~empe1(2)/83 and /88 employing the 8.67 kw Sert 111 
spacecraft modified for interplanetary flight have also been investigated. 
The problem of optimizing electric propulsion heliocentric trajectories, 
incbl9ing the effects of geocentric launch asymptote declination on launch vehicle 
performance capability, has been formulated and a solution has been developed 
using variational calculus techniques. Comparison cases have been run on the 
computer and the results have been presented as  a paper at an AIAA conference. 
Major improvements have been made to  the HILTOP trajectory optimization 
computer program, and a report detailing the changes is being published con- 
currently. 
An error  analysis of high-thrust maneuvers involving spin-stabilized 
spacecraft has been developed and applied to the Synchronous Meteorological 
Satellite m tsston. 
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1. INTRODUCTION 
This study of unmanned multiple -target mission opportunities to comets 
and asteroids begins with a presentation of performance requirements for single- 
target comet rendezvous missions via solar electric propulsion. 
Optimum solar electric rendezvous trajectories to the comets Giacobini- 
z inner/85, ~?orrelly/87, and ~empe1(2)/83 and /'88 employing the 8.67 kw Sert 111 
spacecraft 1. 'ified for interplanetary flight have been investigated and the results 
a r e  presenteti in Section I1 and in Appendix A. Launched by either a Titan 111 E/ 
Centaur o r  a ~ h u t t l e / ~ r a n s t a g e  combination, the Sert I11 spacecraft performs 
rendezvous missions to one of the three comets a t  various points in the comet's 
orbit, after which the spacecraft remains with the comet indefinitely, possibly 
performing scientific measurements throughout the comet's period of revolution. 
Performance requirements and thruster throttling considerations a r e  discussed, 
and an overview of the missions is presented. 
Section 111 consists of a presentation of several multiple-target mission 
opportucities to comets and asteroids. Each mission investigated involves 
two targets and consists of an all-ballistic trajectory which returns to the 
victnity of the Earth after having intercepted the initial target. At the first  
passage of the spacecraft by the Earth, a swingby maneuver perturbs the helio- 
centric trajectory either to send the spacecraft directly to the second target 
o r  to re-target the spacecraft back to the vicinity of the Earth for one o r  more 
additional swingby maneuvers. The key parameters defining the existence of 
these double-target-via-Earth-swingby solutions a re  presented in tabular 
form. 
Section IV consists of a solution to the problem of optimizing electric 
propulsion heliocentric trajectories having high geocentric launch asymptote 
declinations. Comparison cases have been run on the computer and the results 
have been published [9 1 . 
Section V describes the major improvements which nave been n ade to !hc 
HILTOP trajectory optimization compuier program. A report detailing the changes 
i s  being concurrently published [ l o ] .  The program changes include the incorpora- 
tion of power degradation, housckeeping ptwer,  and declination optimization into 
the model. The ballistic swingby-continuation simulation capability has been 
significantly expanded. 
Section VI summarizes the transfer of the QUICKTOP I11 and CHERI'TOP I11 
traject3l.y optimization computer programs from the NASA Ames Research Center 
to  the Goddard Space Flight Center, and their subsequent usage. 
Section VII presents the results of an e r r o r  analysis of high-thrust 
maneuvers involving spin-stabilized spacecraft, with application to the Synchronous 
Meteorological Satellite mission. In addition to the simulation of the burn, an 
algorithm predicts the expected post-burn e r r o r s .  The procedure incorporates 
navigational uncertainties in the pre-burn state,  and attitude and magnitude e r r o r s  
during the burn to estimate e r r o r s  in the resulting orbital elements. 
11. SERT I11 COhlET RENDEZVOUS RlISSlONS 
Performance requirements for rendezvous missions to  three highly 
interesting comets which have perihelia near one astronomical unit from the sun 
have been investigated. Launched by either a Titan 111  c centaur o r  a shuttle/ 
Transtage combination, an 8.671 kilowatt Sert 111 spacecraft, modified for 
interplanetary flight, performs rendezvous missions to one of the three comets 
at various points in the comet's orbit, after which the spacecraft remains with 
the comet indefinitely, possibly performing scientific measurements throughout 
the comet's period of revolution. The comets a r e  Giacobini-Zinner, having a 
perihelion passage on September 5, 1985; Borrelly, having a perihelion passage 
on December 18, 1987; and Tempe1 11, having perihelion passages on June 1 ,  
1983 and September 16, 1988. The missions of interest a r e  referenced to these 
perihelia passages. 
The proposed interplanetary version of the Sert 111 spacecraft was simu- 
lated using the spacecraft model employed by the HILTOP t,rajectory optimization 
Cl? program ,using parameter values suggested by the Lewis Research Center, 
[2 I Cleveland, Ohio . In terms of the engineering parameters used by the HILTOP 
program, the total thrust subsystem, including power conditioners, of the Sert 111 
spacecraft has an efficiency q = .63376, which includes the 12' thrust canting 
angle of the three operating thrusters; this thrust subsystem accepts a (reference) 
power of 8.671 kilowatts, input to the power conditioners, when all three 
thrusters a re  operating at full power. The trajectory simulations of interest here 
do not require more than three* full-throttle thrusters operating at one time; any 
spare thrusters and power conditioners a re  therefore included in the net space- 
craft mass. The Sert 111 spacecraft is assumed to have a constant specific im- 
pulse of 2900 seconds; in this approximation, both the efficiency and specific 
impulse a r e  maintained constant with throttling ratio, whereas in reality they 
vary slightly with throttling ratio. The propellant tankage weight is  assumed to 
be ten percent of the propellant weight, and these two weights vary with each 
*Three is not necessarily the optimum iber. 
trajectory solution; reserve propellant and tankage m u ~ t  be accounted for in 
the net spacecraft mass. 
The following mass components are  assumed to be components of ths 
Sert 111 spacecraft. Three thrusters at 16 pounds per thruster; 48 pounds: 
three power conditioners at 45 pounds per power conditioner; 135 pounds : 
solar array,  340 pounds: solar array structure and gimbals, 20 pounds: 
solar a r ray  orientation mechanism, 14 pounds: sun sensor on solar a r ray ,  
5 pounds: computer for thruster operations, 10 pounds. and cabling, 7 
pounds. These mass components add up to 579 pounds, or  262.6 kilograms, 
which i s  the ''propulsion system massf1 assumed by the HILTOP trajectory 
optimization computer program. All other mass is either propellant, tankage, 
or  net spacecraft mass. A switching matrix between power conditioners and 
thrusters i s  omitted. Variation of the above mass component assumptions does 
not alter the basic results of this study; inert mass component values may be 
juggled between the net spacecraft mass and propulsion system mass, keeping 
the sum constant. 
The thrust vector is assumed to be optimally oriented (along the primer 
vector) at each point of a given trajectory, and thrust angle limits a re  given in 
Appendix A. The optimization criterion for this study is  maxinlum net space- 
craft mass. Coast phases a re  optimized. Launch date, departure excess speed, 
and departure asymptote declination a r e  also optimized. The effect of degrada- 
tion of the solar array is ignored. Launches a re  from the Eastern Test Range, 
with an assumed latitude of 28O.5; the Titan 111  c centaur is  assumed to have 
a range safety constraint corresponding to a parking orbit inclination of 32'. 5, 
and the ~ h u t t l e / ~ r a n s t a g e  is assumed t o  have one corresponding to an inclination 
of 57O. 
The six standard orbital elements defining the two-body motion of each 
comet in the ecliptic system, in astronomical units and degrees, a r e  given by 
the following table: 
Giacobini-Z inner Borrelly Tempel I1 
1983 1988 
Representative trajectory profiles, projected onto the ecliptic, are dis- 
played in Figs. 1 to 3, for mission~ rendezvousing at perihelion. The optimum 
launch dates for these trajectories are shown. Missions tend to fall into multlple- 
year classes, since locally optimum launch dates usually occur each year, when 
the Earth is in its most favorable position in its orbit, which may be approximately 
determined intuitively by considering the geometrical configuration of the transfer 
trajectory. All trajectories considered in this study are single-revolution tra- 
jectories, such as those depicted in Figs. 1 to 3, since such trajectories, to 
the comets considered, have minimum solar distances essentially at one 
astronomical unit, which considerably eases the spacecraft thermal design pro- 
blem. All trajectory profiles shown are four year missions, except for one three 
year profile, the innermost one of Fig. 3. For trajectories which rendezvous 
at the s'ame time but which depart in different years, the longer-flight-time tra- 
jectories wtll obviously mwe farther away from the sun than the shorter ones. 
It can be seen that all three comets pass relatively close to the Earth's 
orbtt when the comets are at perlhelion; C;lacobtni-Z inner and Borrelly both 
recede to about six astronomical unite from the sun, whereas Tempel I1 recedes 
to about 4.7 AU. In Figs. 1 and 2, the spacecraft trajectories to Giacoblni- 
Zinner and Borrelly have maximum solar distances of about 4 AU, and in 
Flg. 3 the maximum solar distances are approximately in the 3 to 3b AU 
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Figure 2 
COMET l3OlIRE LLY RENDEZVOUS MISSIO?i 
USING SERT 111 TECIINOLOGY 
E~llptic Projections 
Figure 3 
COMET TEAIPEL I1 RENDEZVOUS AIISSlOh' 
USING SEHT I11 TECI-IXOLOGY 
Ecliptic Projections 
range. Detailed values of the maximum and minimum spacecraft solar distances 
a r e  given in Appendix A. 
Figs. 4 through 6 display the power curves, normalized to the reference 
power, corresponding to the trajectory profilcs of Figs. 1 through 3. Gaps in 
the curves represent optimum coast p h s e s .  These power profiles represeni the 
normrrlizcd solar power available to the spacecraft for propulsion along ;he given 
trajectory, since this i s  in accordance with the method by which the HILTOP com- 
puter program simulates trajectories. Housekeeping power is  not represented, 
and therefore housekeeping power considerations must be included in the net 
spacecraft mass. The HILTOP program trajectory simulation does not employ 
expllcit engine throttling, shutdown, and start-up along the powered portion of a 
trajectory, since these operations may be done implicitly, s o  long a s  the input 
power to  the power conditioners equals the product of the reference power 
(8.671 kw) and the power ratio. Engine throttling considerations a r e  therefore 
accomplished by utilizing normalized power curves such a s  those shown, and, in 
general, there may be more than one throttling solution available along a given 
trajectory. A s  a crude example of this, for  a spacecraft having three thrusters, 
a power ratio of one-third at a given polnt along a trajectory may be satisfied, 
in the approximation considered here, by either one thruster a t  full throttle o r  
two thrusters at one-half throttle. The particular solution having the least 
number of thrusters operating at any given instant i s  usually considered to be the 
best, since this solution implies a higher throttling ratio, which in turn implies 
ellghtly improved performance in the real-world model. 
If the engines on board the Sert 111 fipacecraft have a minimum throttling 
ratio of one-half, this corrseponds to a one-half times one-third equals one- 
sixth, o r  about .167, normallzed power cutoff value, below which the space- 
craft must coast since there i s  not enough power to operate even one thruster. 
Coneldering the power proflles corresponding to the four-year missions in Figs. 
4 through 4, it can be seen that this power cutoff value ~ e s u l t s  in Imposed 
Figure 4 
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coast phases lasting for 800 to 850 days during the portion of flight which is 
farthest from the sun, and results in an imposed coast phase of about 300 days 
for the three-year mission of Fig. 6. Due to the HILTOP computer program 
slmulatton, however, the spacecraft was assumed to thrust during these times, 
the thrust being obviously quite weak; it i s  felt that this approximation does not 
greatly affect the results of this performance analysis study, in which the space- 
craft masses, primarily the net mass, a r e  of greatest significance. The space- 
craft masses corresponding to real-world trajectories, having impcsed coast 
phases near their aphelia, a r e  therefore assumed to be in good approximation to 
those given in this report, although other mission parameters such a s  launch 
date may have to be adjusted. Also, some trajectories in this study have very 
b r h f  periods after the launch time, such a s  in Fig. 5, during which the power 
ratio exceeds unity, a condition which cannot be physically satisfied by the 
assumed 8.671 kw Sert I11 spacecraft unless a fourth thruster is briefly turned 
on. Such optimum spacecraft trajectories could easily be adjusted, without de- 
grading the performance significantly, so  that a maximum of only three thrusters 
would be required. 
The total propulsion system on-time for  each trajectory generated is tabu- 
lated in Appendix A;  however, these tabulated values merely correspond to the 
duration for which the spacecraft i s  considered to be thrusting by the HILTOP 
computer program, and therefore a re  not a realistic assessment of the actual 
thruster on-time, which must be determined by again considering the representa- 
tive power-ratio curves a s  given by Figs. 4 through 6 together with thc- 
throttling lower limit of a single thruster. If this lower-limit is  assumed to be 
one-half, then, for example, the Borrelly rendezvous power curve of Fig. 5 
may be analyzcd approxtmately a s  follows: 
Case (1): Wlth Imposed Coast Phase 
In this case, there is an imposed coast phase from about -1140 to 
about -320 days from comet rendezvous, due to the lack of power available 
t o  operate even one thruster. Since there a r e  three thrusters,  the pertinent 
values of power ratio a re  two-thirds 2 . 6 6 7  and one-thirci 2 , 3 3 3 .  For  
approximately the f i r& 100 days, 3  thrusters must operate (after which a 
maximum of only two a r e  required for the remainder of the mission), for 
approximately the next 100 days, 2 thrusters a r e  on, and then one thruster 
operates for about 160 days up to  the s tar t  of the imposed coast phase. Follow- 
ing the imposed coast phase, one thruster operates for about 150 days and then 
2 thrusters a r e  on for the final 80 days. This amounts to (3 x 100) + (2 x 100) + 
(160) a (150) + (2 x 80) = 970 single-thruster-days, which, if shared equally by 
the three thrusters, implies that each thruster operates for only 323 days. 
Case (2) : Without Imposed Coast Phase 
This case is identical to the above except for an additional 820 single- 
thruster-days , which increases the total single-thruster-days to 1790, which, 
when divided by three (thrusters), yields 597 operating days per  thruster. 
The Case (1) value is  considered to be more representative, but may have 
to be adjusted upward slightly when the imposed coast phase is actually introduced 
into the simulation. The Borrelly-rendezvous power-curve discussed a s  an 
example is  representative of most power profiles for four-year missions involved 
in this comet rendezvous study, and, since thruster on-time values a re  generally 
less for three year and two year missions, the general conclusion may be drawn 
that the maximum thruster on-time for each thruster of the Sert IT1 spacecraft 
will be llabout one year", a situation which will of course improve if a fourth 
%parett thruster is available to equally share the load. 
Were a fourth thruster to  have been assumed in the HILTOP trajectory 
simulation, then the reference power assumed by HILTOP would have been 
4/3 as great a s  that actually assumed. Consequently, the optimization algorithm, 
sensing a more powerful electric propulsion spacecraft, would have directed the 
launch vehicle to Inject more initial mass (and, for low power levels, more net 
mass) into heliocentrlc space a t  less  departure excess speed, requiring the 
electric propulsion spacecraft to bear more of the burden in effecting the 
rendezvous, and involving some adjustment to the trajectory profile. This pro- 
cess of adding more thrusters,  o r  discrete steps of reference power, increases 
the net mass up to a point, which would be a s  close a s  the discrete reference- 
power variation could get to the true optimum value of reference power, which 
varies with launch vehicle. 
Some of the comet rendezvous mission simulations employed a new theory 
for the optimization of the launch asymptote declination, which is  discussed in 
Section IV. Most of the Borrelly missions, some of the Giacobini-Zinner missions, 
but none of the Tempe1 I1 rnifisions made use of the new launch optimization model, 
The results of the launch phase optimization a r e  cummarized by the tabulations of 
the launch asymptote declination 6 and the parking orbit inclination i in 
Appendix A. 
A performance overview for the Sert I11 comet rendezvous missions is 
displayed in Fig. 7 ,  in which the top of each bar represents the net space- 
craft mass deliverable to perihelion rendezvous, each notch below the top corres- 
ponds ' I the net mass rendezvous capability at 50, 100, 150, . . . etc. days 
before perihelion, and each bar above the top s h ~ w s  the net mass rendezvous 
capability at 50, 100, 150, . . . etc. days after perihelion. 
The most striking feature of this bar  graph is  the relatively large net 
masses whlch the little Sert I11 spacecraft is  capable of rendezvousing with 
Temael 11 during the 1988 opportunity. A s  solar system targets go, these 
thAI:e comets are  relatively easy to get to, since they pass somewhat nenr to  the 
Earth's orbit. However, a s  may be seen by examining the comet's orbital ele- 
0 
ments listed earl ier  in this section, Tempel I1 is inclined only about 12 to the 
0 
ecliptic, whereas Giacobini -Zinner and Borrelly a r e  in the 30 range. More- 
over, the value of Tempel 11's semi-major axis, which is  proportional to  its 
~ i largy,  Is closer to the Earth's value than those of the other two comets. These 
facts a r e  considered to be the major contributing factors in the explanation of the 
greater Tempe1 11/1988 net mass capability. 
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Considering the T E M / ~ ~  TITAN bars of Fig. 7, there is only a small 
penalty in net mass between the 4-year mission and the 3-year mission, 
rendezvousing a t  perihelion; however, when considering rendezvousing fifty, 
o r  one hundred, days before perihelion, the penalty is seen to be severe for 
the 3-year mission, but small for the 4-year mission, and this is basically 
because the 3-year mission is more difficult for the little Sert 111 spacecraft to 
accomplish. Clearly there is  a trade-off between mission duration and payload 
delivered, to produce a minimum-cost mission for accomplishing given scientific 
objectives. 
Another obvious fact derivable from Fig. 7 is the lesser  interplanetary 
capability of the ~ h u t t l e / ~ r a n s t a g e  r lative to the Titan I11 E/ccntaur; what is  
not obvious is the relative launch costs, which hopefully would be less  for the 
Shuttle. 
Only the 2-year Tempel 11/1983 mission was investigated, due to the un- 
likelyhood of a comet rendezvous electric propulsion miss ion being launched 
before 1981 ; hence the emphasis on post-perihelion rendezvous, which not only 
yield greater net masses delivered but also a r e  associated with later launch dates. 
Detailed tabular data pertaining to these comet rendezvous missions may 
be found in Appendix A. 
111. BALLISTIC MULTIPLE-TARGET FLYBY XIISSIONS* 
The work described in this section consistcd of confirming the existence 
of ballistic multiple-target mission opportunities to comets and asteroids, in 
particular those which pass relatively near to the Earth's orbit, such that one 
o r  more Earth-swlngby maneuvers can be employed to perturb the heliocentric 
trajectory. Details of the Earth swingby technique and complete descriptions 
of the multiple-target mission profiles a re  discussed by Farquhar, et. al. 
ril, 121 . 
All missions involve two targets and consist of trajectories which 
return t o  the vicinity of the Earth after having intercepted the first  t2rget. 
At the f irs t  passage of the Earth, a swingby maneuver perturbs the heliocentric 
trajectory either to send the spacecraft directly to the second target o r  to re-target 
the spacecraft back to the vicinity of the Earth for one o r  more additional swingbys, 
in which the final swingby sends the spacecraft to the second target. Quite often 
there i s  more than one way to swing past the Earth at a given Earth-passage, in 
order  to produce the desired re-targeting of the spacecraft. 
This work was accomplished using the HILTOP trajectory optimization 
computer program El, 10 1 . This program generates swingby maneuvers under 
the assumption of the patched-conic approximation, cuch that the swfngby planet's 
~phero-of-influence i s  assumed to  have zero radius a s  seen from interplanetal-y 
space and Infinite radius a s  seen from the planetary vantage point. The passage 
time in the swingby planet's sphere-of-influence is neglected, I. e. , taken to be 
zero in the heliocentric reference frame. 
When, for a particular multiple-target mission, no trajectory solution 
could be found having entirely unpowered swlngby maneuvers, powered swingby 
maneuvers were employed, and the minimum A V  solution was determined in 
each case by optimizing the post-swingby-leg flight time. Figure 8 depicts the 
relation of unpowered swingby solutions to the wider class of powered swlngby 
*The multiple-target missions described in this section were originally identified 
by R. W. Farquhar of the Goddard Space Flight Center. 

solutions. The upper curve represents the case in which no unpowered swingbys 
exist, and the lower curve shows how unpowered swingbys occur in pairs,  even 
though one o r  both of the corresponding trajectories may hit the swingby planet. 
Each powered swingby maneuver is constrained to occur at the mutual 
perifoci of the approach and departure hyperbolic trajectory segments within the 
swingby planet's sphere of influence ; the burn i s  assumed to be impulsive with the 
thrust collinear to the velocity at closest approach. 
The first-target (of a double-target sequence) investigated in this study 
was either the 1977 apparition of the comet Grigg-Skjellerup ( ~ ~ / 7 7 ) ,  the 1982 
apparition of the same (~S/82) ,  o r  the 1985 apparition of the comet Giacobini- 
Zinner ( ~ ~ / 8 5 ) .  The spacecraft thus launches from the Earth, f l ies  past o m  of 
these comets at considerable relative speed, and returns to the vicinity of the 
Earth to perform a swingby maneuver onto a subsequent target. For convenience, 
the following abbreviations a rc  used for three of the comets: 
GS G r  igg-Skjellerup 
GZ Giacobini-Zinner 
TGK Tuttle-Giacobini-Kresak 
An overview of the double-target missions investigated is  given in Table 111-1, 
and the six standard orbital elements defintng the two-body motion of the targets 
involved, in the ecliptic system, expressed in astronon~ical units and degrees, 
a r e  given in Table 111-2. 
Table 111-3 contains the parameters which characterize the initial helio- 
centric trajectory segments including launch from Earth, flyby of the initial target, 
and arrival back at Earth, for the three cases investigated (G~/77,  GS/92, ~ ~ / 8 5 ) .  
In each case, the initial target i s  approximately crossing the ecliptic at the time of 
encounter, and the trajectory segments a re  essentially 360' in-ecliptic transfers. 
The trajectory segments defined by Table 111-3 apply to all of the associated 
mlss ion~  to second-targets, summarized by Table 111-1 (except for the unpowered 
swlngby to Halley, in which the spacecraft returns to swingby the Earth after three 
TABLE In - 1 
OVERVIEW OF MISSIONS INVESTIGATED 
First No. of 
Target  Second Targe t  Earth Comments Swingbys 
1 Min b V powered swingby. 
1 Two unpowered swingby possibilities. 
GS/82 TGK/84 1 Two unpowered swingby possibilities. 
GEOGRAPHOS/~~ 1 Three  unpowered swingby possibilities, one havlng relatively 
low flyby speed a t  Geographos (9.3 km/sec). 
~ 0 ~ 0 / 8 3  1 Possibility of u n p w e r e d  o r  min A v powered swhgby. 
ICARUS/S~ 1 Min 4 V powered swingby. 
SCHAUMASSE/~~  1 Min 4 V Earth powered swingby followed by Min b V Venus 
powered swingby. 
HALLEY 1 Min b V powered swingby (or lone unpowered swingby using 
a three year  t ransfer  t o  Earth). 
GZ/85 BORR E L L Y / ~ ~  2 F i r s t  swingby i s  standoff encounter; second Earth encounter 
has  two unpowered swingby possibilities. 
~ 0 ~ 0 / 8 7  1 Powered swingby having Earth passage distance 1.2 radii. 
EROS/~? 1 Family of powered swingbys having low flyby speeds a t  E ros  
(4 to  G kn~/sec) .  
I C A R U S / ~ ~  1 Lone unpowered swingby. 
GEOGRAPHOS/~~ 1 Lone unpowered swingby. 
TABLE 111 - 2 
TARGET ORBITAL ELEMENTS 
Target a e i a o t 
P 
B O R R E L L Y / ~ ~  
~ ~ 0 S / 8 7  
G E ~ C R A P H O S / ~ ~  
GEOGRAPHOS/~? 
c s /77  , 
GS h 2  
KO 
w ~ ~ / 7 9  
c z / s 5  
HALLEY 
I c A R u S / ~ ~  
I C A R U S / ~ ~  
SCHAUMASSE/~~ 
T G K / ~ ~  
~ 0 ~ 0 / 8 3  
~ 0 ~ 0 / 8 7  
Orbital elements obtained from Dr. D. K. Yeomans of Computer Scienccs Corporation. 
TABLE nr - 3 
PARAMETERS CHARACTERIZING INITIAL TRAJECTORY SEGMENTS 
I EARTH LAUNCH I INITIAL TARGET FLEBY I EARTH ARRIVAL I 
Flyby a t  15.2 km/sec 
CD = .20 AU 
CA = 82O 
k 
Date = 10/30/76 Date = 10/30/77 
Vm = 1.53 krn/sec 
G S / ~  7
Date = 4/11/77 
Date = 3/10/85 
I I I 
~ ~ / 8 5  
Date = 9/11/85 
Flyby a t  20.6 km/sec 
CD = .46 AU 
CA = 80' 
NOMENCLATURE 
Date = 10/24/82 
V = 2.83 km/sec 
Q) 
Date = 10/23/81 
2 2 
C3 = 8.0 km /sec 
0 6 = 9 . 9  
6 - Departure asymptote declination 
CD- Communlc~tion distance 
CA -Cornmunkation angle (Sun = 0') 
~ ~ / 8 2  
Date = 5/15/82 
Flyby a t  15.3 km/sec 
CD = .37 AU 
CA = 76O 
Date = 3/10/86 
V_ = 3.51 k m j s e c  
years inatead of one, with the trajectory to GS being tho s p 2 - m ) .  Therefore, it 
would be theoretically possible to send several spacecraft, perhaps using a single 
launch, to, say, G S / 8 2  to obtain several different vlcwpoit:.. of the comet, and 
each spacecraft could subsequently swing past the Earth differently and continue 
on to a different target. 
Parameters defining the trajectory segments which continue from Earth 
swingby t o  the final targets a rc  given in Tables III-4, 111-5, and 111-6. These 
tables, together with Table 111-3, completely dcfine the double-target missions 
which have h-,sn identified. It Is helpful to refer back to the comments in Table 
111-1 in order  to better understand the latter tables. Multtple swingby 1, ~ssibi l i t les  
(at the same time) a re  specified by multiple-values, for certain parameters, 
which a r e  separated by slashes, 
The ~ ~ / 8 5 :  ~ r o s / 8 7  double-target mission c o n ~ ~ e t s  of a family of possi- 
bilities having relatively slow flybys of Eros. This famby of missions, in which 
the post-swingby-leg transfer tlme I s  varied, is  summarized by Figure 9. 
PARAMETERS CHARACTERIZING FINAL TRAJECTORY SEGMENTS 
FOR GS/77 MISSIONS 
EARTH SWINGBY I SECOND-TARGET FLYBY 
Date = 2/19/79 
Flyby at 20.9 km/sec 
CD = 1.83AU 
CA = 2 3 O  
ICARUS/78 
Dates = (7/15/78)/(7/24/78) 
Flyby at 29.5/26.3 km/sec 
CD = .5l/. 65 AU 
CA = 82'/87' 
NOMENCLATURE 
R Passage distance (Earth radii) 
AV Powered swingby incremental velocity 
CD Communication distance 
CA Communication angle (Sun = 0') 
(Also applies to Tables 111 - 5 and I11 - 6) 
TABLE 111 - 5 
PARAMETERS CHARACTERIZING FINAL TRAJECTORY SEGMENTS 
Dates = (6/12/84)/(6/21/84) 
Flyby at 14.5/15.6 km/sec 
FOR GS/82 MISSIONS 
Dates = (3/16/83)/(7/2/83)/(11/29/84) 
Flyby at 13.9/9.3/12.5 km/sec 
CD = .lo/. 62/l. 53 AU 
CA = 1 2 0 ~ / 6 6 ~ / 3 9 ~  
EARTH SWINGBY 
~ 0 ~ 0 / 8 3  
Dates = (9/29/83)/(2/13/84) 
Flyby at 10.1/12.8 km/sec 
CD = l . l9 / .  35 AU 
CA = 650/90° 
SECOND-TARGET FLYBY 
Date = 4/1,/84 
Flyby at 25.0 km/sec 
CD =1.79AU 
CA = 60' 
TABLE I11 - 5 (continued) 
Earth Swingby to Venus 
- 
+ 
Venus Swingby 
FARTH SWINGBY 
Date = 2/10/84 
R = 1.42 Venus radii 
AV = 950 meters/sec 
SECOND-TARGET FLYBY 
SC~IAUMASSE/~~  
Date = 10/17/84 
Flyby at 12.2 km/sec 
CD = 1 . 3 7  AU 
CA = 69' 
6 
HALLEY 
Dates = (3/15/85)/(3/8/85) 
Flyby at 7 l . 8 h 8 . 2  km/sec 
TABLE 111 - 6 
PARAMETERS CHARACTERIZING FINAL TRAJECTORY SEG?.lENTS 
FOR ~ % / 8 5  RIISSIONS 
Fi rs t  Passage 
R = 64.05 
A V  = zero meters/sec 
EARTH SWINGBY 
Second Passage 
Date = 8/20/87 
R =3.54/3.45 
AV = zero/zero meters/sec 
+ 
SECOND-TARGET FLYBY 
B O R R E L L Y / ~ ~  
Dates = (12/25/87)/(12/30/87) 
Flyby a t  l 7 . 3 h 7 . 3  km/sec 
CD = .53/. 56 AU 
CA = 125O/122' 
Date = 4/20/87 
Flyby at 15.7 km/sec 
CD =1.42 AU 
CA = 44' 
R = 5.39 
A V  = 220 m e t e d s e c  (Min) 
(see Figure 9) 
Date = 5/6/87 
Flyby at 6 ,3  km/sec 
CD = l . 8 4 A U  
CA = 33' 
R = 13.78 
AV = zero meters/sec 
I C A R U S / ~ ~  
1 Date = 6/19/87 
Flyby at 30.7 km/sec 
CD = .16AU 
CA = 59' 
R = 3.79 
AV = zero m e t e r d s e c  
Date = 9/26/87 
Flyby at 12.9 km/sec 
oc 
SWINGBY PASSAGE DISTANCE (ER) 
w t9 W lb UI 
1 
0, 
I I I I J 
POWERED SWINGBY A V  (m/sec) 
EROS FLYBY SPEED (lan/sec) 
IV. LAUNCH ASYRII'TOTE DECLINATION OP'I'lI1IIZATION 
Introduction, Preliminary performance studies of heliocentric electric 
propulsion missions require some means of correlating initial spacecraft mass 
m and launch hyperbolic excess velocity Vm. In most studies to date, this 
0 
has been accomplishcd by equating m to the launch vehicle (LV) payload m 
0 4' 
which is  represented as a non-linear function of the scalar quantity vm, the 
hyperbolic excess speed. With few exceptions, this LV payload capability 
assumed has been that corresponding to a due-East launch from the ETR. The 
direction of the launch hyperbolic excess vclocity is usually left unspecified and 
is  determined as  part of the solution to the optimization problem. Using the in- 
direct optimization technique, the solution dictates that Vo, be directed along 
the initial primer vector, a requirement that may be in conflict with the 
assumed LV payload capability. 
By properly choosing the point of the (coplanar) injection from a circular 
parking orbit, the geocentric declination 6 of the hyperbolic excess vclocity 
may lie within the range 
where i is  the equatorial inclination of the parking orbit established by the 
launch vehicle. If the launch excess velocity asymptote declination, a s  detcr- 
mined by the solution to the optimization problem, falls within this range and if 
the LV payload capability is  compatible with the orbit inclination i, then the 
solution i s  consistent within the assumptions made and the results a re  valid. 
However, if 16 1 > i, then the basic assumptions regarding Ll' capability a r e  
in conflict, and it is necessary to formulate the optimization problem to account 
for the dependence of LV payload on direction of the launch excess velocity 
asymptote. 
Although the questionable validity of published high asymptote declination 
solutions has been recognized for some time, no formal treatment of the probIcm 
*Equation numbers reforeuced in this section of the report pertain to this section 
only. 
[l I has been noted in the literature. The authors had previously developed a 
technique for adjusting the LV payload to account for the non-coplanar injection 
maneuver required to achieve the geocentric declination of the primer vector, 
which was colinear with V,,, but this a posteriori correction approach has 
proven unacceptable because the original transversality conditions (TCts) were 
no longer valid. Typically, these TC's resulted in which were not 
stationary points. This condition arose because the alignment of Vm with the 
initial primer was no longer a necessary condition of optimality, but rather an 
imposed constraint which was in violation of the assumptions used in originally 
formulating the solution. 
In this discussion, a unified treatment of the high asymptote declination 
problem is presented. The LV payload capability is modeled a s  a function not 
only of the magnitude of Vm but also of the inclination of the circular parking 
orbit and of the declination of the launch asymptote. The formulation permits 
the optimization of both the parking orbit inclination and asymptote declination 
o r  of the asymptote declination subject to a limitation on parking orbit inclina- 
tion to satisfy range safety constraints. The necessary conditions of optimality 
a re  derived for a typical comet or  asteroid rendezvous problem. 
Problem Formulation. High asymptote declinations frequently ar i se  in 
missions to targets that have orbits highly inclined to  the ecliptic, such a s  those 
to  certain comets and asteroids. Therefore, we select, for illustrative purposes, 
an optimal rendezvous mission to a single, massless target whose path i s  defined 
by a specified ephemeris. The extension of the results derived here to other 
missions of interest, such a s  flybys, orbiters, and n~ultiple-target missions, 
i s  straightforward. We shall also assume a propulsion system of fixed size 1 . 1  
te rms of mass and reference power Also, overall propulsion system efficien sy 
and the specific impulse of the thruster subsystem a r e  assumed given and a r e  
held constant throughout the mission. 
The assumed spacecraft and propulsion system models a re  as described 
in [I] and will not be repeated hcrc. The launch vehicle payload capability is 
assumed to follow the simple exponential law 
where bl, b , and b a r e  pre-determined constants for each launch vehicle 2 3 
and v is a characteristic spccd representative of the encrgy required to achieve 
C 
a specific escape trajectory. For cxamplc, for a due-East launch from ETR and 
a coplanar injection maneuver, v is defined to be the speed required at de- 
C 
parture from a low altitude circular reference orbit to achieve a specified hyper- 
bolic excess speed voD, i. e., 
where v is  the circular satellite speed in the reference orbit. Thus, for 
0 
due-East launches and coplanar injection maneuvers, m is a function only of 
4 4  
va 
for a given launch vehicle. Pe~formance data for  a large selection of exist- 
ing and potential launch vehicles are  presented graphically in Reference 131 
a s  a function of v as  defined above, with the reference orbit altitude being 
c' 
185 kilometers. The authors have found a lcast-squares curve fit to the ex- 
ponential law above using, say, 7-10 data points from a given payload curve to 
be a quite adequate and accurate representation of a launch vehicle's performance 
capability. 
To accomodate large launch as: nptotc declinations, the same exponential 
law for launch vehicle payload may be used, but the definition of characteristic 
speed must be expanded to reflect the additional energy required to rotate thc 
asymptote. This new definition of v is taken to be that given above plus the 
C 
velocity penalties associated with the asymptote rotation. The rotation is 
assumed to be accomplished by first choosing a launch azimuth which establishes 
a given reference orbit inclination i follow~cd by a non-coplanar injection 
maneuver from that circular reference orbit to  the desired asymptote, a s  
illustrated in the figure on the following page. The velocity penalty incurred 
with non-due-East launches from the ETR is shown graphically in Reference 131 
as a function of the orbit inclination. This velocity penalty, which we will denote 
Av is adequately approximated with a quadratic curve fit of the form i 
Normal range safety limitations restr ic t  the range of inclinations achievable 
through varying the launch azimuth alone. The referenced graph indicates that 
the maximum allowable northerly azimuth will yield an orbital inclination of 
about 48.5 degrees while the maximum allowable southerly azimuth will yield 
an  inclination of about 32 degrees. Now, given a reference orbit inclination i, 
it remains t o  define the velocity penalty Av associated with a non-coplanar 
g 
departure from this circular orbit to the desired hyperbolic excess  velocity a t  
a declination 6. Assuming the line of nodes of this refercnce orbit is an open 
variable, one may choose this variablc to  minimize the angle between the excess 
velocity and the orbital plane. This minimum angle i s  6 - i. Gunther C41 
has shown that the minimum incremental velocity required to achieve a given 
vm along an asymptote not lying in the orbital plane from a specified circular  
orbit is obtained from the solution to a quartic equation in the sine of the out-of- 
plane angle. Defining 
s = sin (6 - I); p =  v,/vo; 
, LAUNCH GEOMETRY 
CIRCULAR 
PARKING 
ORBIT 
(A) NON DUE EAST LAUNCH INTO PARKING ORBIT 
(B) OPTIMUM NON COPLANAR BURN OUT OF PARKING ORBIT 
!I
!
y = ./ p2/4 - x ;
(5)
1 Ip/2+y+ {p_ y)2+4(x/2+ /x2/4+s2 ) ] cont.W=_ 4 ,
then Gunther's solution for the magnitude of the minimum velocity impulse re-
quired to accomplish the maneuver is
v =v /p2+3-2_/(_+pw-w2)(2+pw)'go (6)
and the penalty Av is the difference between v and the velocity increment
g g
required if the out-of-plane angle were zero, i.eo,
=V - vco+2v -v .BVg g o
Thus, the definition of the characteristic speed for those cases in which the
asymptote declination lies outside the interval (1) is
v =_".Iv_ +2v 2 +Av. +Av
c _® o L g
=v +v +Av i. (7)o g
Optimality Conditions.. The state and adjoint equations for the problem
under consideration are precisely as formulated in Ref. [1]. The only difference
in the optimality conditions is the format and content of certain of the trans-
versality conditions. Specifically, these differences are due solely to the new
definition of v which is now a function of the direction of V as well as its
C w
magnitude. Whereas before the differential of v was, simplyC
dv c = (v®/Vc) dv®,
we see from (7) that the equivalent formula now is
dv c = (_Vg/_Vm}dv®+ (_Vg/_ 5) d 5
+ (_Vg/_l + _Avi/_ 1} di
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where, from (4) 
and, from (5) and ( 6 )  
The derivation of the partial derivatives a v  /ava and a v  / a 6  is straight- 
g g 
forward although somewhat cumbersome, The equations a r e  presented in 
Appendix B. 
After noting that the differential of g, the reference thrust acceleration, 
i s  
where 
and that the differential of Vm may be written 
where is a unit vector along the North Pole T. -1 a is  the geocentric right 
P 
ascension of VOD, one may write the transversality conditions associated with 
Vm by inspection. 
For  optimum launch parking orbit inclination: 
f(anv,/ai  - a v  / a 6 )  = o .  
g 
For optimum launch excess speed: 
For optimum launch asymptote declination: 
For op!~mum launch asymptote right ascension: 
In the above equations A is the initial primcr vector and f is 
0 
where k and k are  the structural and ta11':ngc factors, respectively, v is 
6 t f 
the fmil  mass ratio, and h is tbe final value of the Lagrange multiplier asso- 
g 
dated with reference thrust acceleration. 
Equation (11) implies that the right ascension of Vm must bc equal to, or 
180 degrees from, that of Ao; i. e . ,  Va must lie in the plane of A. and 
P' 
If the first term in (10) were zero, which is the result obtained when the effects 
of declination arc  ignored in the formulation, then one obtains from (10) and 
(11) the familiar result that Vgp must be colinear with A . Usually it is assumed 
0 
that VI is aligned with I\ however, cases have bccn foundrS for which the 
0 ' 
optimum soldtion resulted i n  Vgp being diametrically opposed to A . The fact 
0 
that the first term in (10) is non-zero Incans that V= will be offset from I\ 
0 
by a finite angle. This offset, as  noted above, must be in the plane of A. and 
- 
n and, intuitively, we know it must be in the direction of the equator so a s  to 
P 
reduce v The amount of the offset of V0 from may not be determined 
c' 0 
from (11) a s  an initial value problcm since the variable f is a function of 
variables (v and X ) evaluated at  the final time. Thus, 6 must be trcatcd 
6 
as  an additional independent parameter, and (10) beconxs another condition to 
be satisfied in the bounciary value problem. 
The sat!sfaction of (8) requires that the term within parentheses vanishes 
slnce f will normally be a non-zero quantity. Therefore, since the two partial 
derivatives a re  functions only of initial conditions, one may solve for the i that 
causes the parenthesized term to vanish and thereby eliminate the condition (8) 
from the boundary valuo problem. Due to the complcsity of the cqu:itions defining 
bv / a & ,  this solution for i must bc obtni~~cd using an iteratitti. techn:yw. 
g 
The approach to thc solution of the protjlcnl a s  fornlulatcd almw differij 
in three basic respects from that of thc problem \vherc asymptote rleclination is 
ignored: (1) the cmdition (8) must be solvcd for the optimp,m parking c,rbit in- 
clination, given values of v= and 6: (2) the asymptote declination 6 must be 
[ntroduccd as an indepcndcnt parnmetcr and (10, added a s  an  end conditii,n of the  
problem; and (3) the evaluation of Va bccomcs somewhat more involved. 'Ilc 
coniput: tion of Vm givcn vm, h and 6 ,  proceeds as  follows. Denote as  r 
0 
the obliquity of the ecliptic such that thc matrix 
operating on a vector cxprcssed in ecliptic Cnvtesian coordinatcs yields: the samc 
vector in Earth equatorial coordinates. Then tne right ascension a of the inilia1 X 
primer A may be wriitcn 
0 
where Axe, X A are  the given ccliplic  coordinate^ of h Thcn, the yo' zo 0' 
right ascension of thc asymptote is set 
and V, is evaluated 
cos cvcos 6 
v-=vmaT [ s i z ; 6  ] 
This may be contrasted with the usual dcfinition of V, ; 
V. HILTOP COMPUTER PROGRAM IMPROVERlENTS 
This section describes the modifications and improvements made to 
the HILTOP electric propulsion trajectory optimization computer progLam 111. 
New program features include the simulation of power degr: tiation , house- 
keeping power, launch asymptote declination optimization, and powered and 
unpowered ballistic multiple swingby missions with an optional deep space 
burn. 
Power Degradation. The power degradation model has beca 
hypothesized by the authors in earl ier  publications 1. 5, 8 1. The model allows a 
single parameter (denoted "characteristic degradation time") to  ciescribe the 
power degradation behavior of an electric propulsion spacecraft to a degree 
which fundamentally affects the solution to  the trajectory optimization 
problem. In short, the power generated is degraded by a multiplicative 
damage factor q of the form 
where 7 i s  the characteristic degradation time and s is  the degradation time, d 
which i s  computed in the HILTOP program a s  the time integral of the density 
of damaging particles impinging on the solar arrays (lor solar electric 
propulsion). The density of damaging particles is assumed to be a function of 
solar distance and ar ray  orientation. 
The characteristic degradation time T i s  an engineering parameter that d 
is determined experimentally. For example, by exposing a solar cell to the 
particle emission of a solar simulator and measuring the performance of the 
cell over a period of time, a reasonable value of T can be estimated. d 
The assumed exponential form of the degradation factor, although 
intended for use with SEP systems, i s  applicable for  NEP systems as  well. 
The principal difference i s  in the definition of d . The exponential form 
permits the evaluation of radio-isotope systems by defining B = 1 and letting 
7 represent the time for the radioactivity to dissipate to ~ / e  of its initial d 
r level. A more complete exposition of this subject is given in L 8 1 . 
Housekeeping Power . An option of simulating spacecraft house- 
keeping power has been added to the program. This option applies to solar 
electric propulsion with specified reference power. The housekeeping power 
is  a specified constant power generated by the solar a r rays  and shunted away 
from the thruster power-conditioners and directly to the spacecraft payload 
for "housekeeping" purposes. The spacecraft model has been expanded by 
deleting the old, total propulsion system specific mass and replacing it with 
the specific mass of the solar arrays and the specific macs of the thruster 
subystem. 
Declination Optimization . The program has been expanded to include 
the optimization of launch asymptote declination. The launch asymptote declina- 
tion optimization model was first  hypothesized by the authors in the appendix of 
11 1, and later a more thorough treatment of the subject was put forth in C9I. 
A solution to the problcm of optimizing electric propulsion heliocentric 
trajectories, including the effects of geocentric launch asymptote declination on 
launch vehicle performance capability, hr I. been developed using variational 
calculus techniques. The model of the launch vehicle performance includes a 
penalty associated with a non-easterly launch plus another penalty arising from a 
non-coplanar launch from the parking orbit. Provisions for range safety 
constraints a r e  included. Optimal trajectories will generally have the launch 
excess velocity offset from the initial primer vector. The analysis describing 
the launch asymptote declination optimization model is  found in Section IV of 
this document. 
Swlngby Continuation. Additional optional computations have been 
provided in which ballistic swingbys past the primary target may be simulated. 
In one mode of program operation, single fiwingbys past the primary 
target may be simulated to  up to ten post-swingby targets per case. This mode 
of operation was already in existence. 
In another mode hf program +eration, multiple swingbys along a 
single trajcctory may be simulated, first  swinging past the primary target 
and then subsequently swirging past more targets downstream dong  thc 
trajectory. One multiple swingby trajectory may be simulated per case. This 
mode of operation was recently added to the program. 
In either mode of operation, the following basic assumptions a re  made. 
The swingby continuation computations a re  independent of the trajectory leg 
leading up to the swingby target, which may consist of an optimized electric 
propulsion trajectory segment (if the swingby target is the primary target), 
except that the arrival PoD and arrival time at the swingby target a re  used in the 
determination of the swingby passage conditions. Each swingby maneuver is  
calculated vnder the assumption of the patched-conic approximation, and the 
swingby planet's sphere-of-influence is  assunled to have zero radius a s  seen 
from interplanetary space and infinite radius a s  seen from the plznetnry vantage 
point. The passage time in the swingby planet's sphere-of-influcnce is  neglected 
(takcn to be zero in the heliocentric frame). 
Each swingby maneuver may be either unpowered or  powered. The 
unpowered swingby solutions a r e  embedded in the wider class of powered-swingby 
solutions, tending to appear in pairs which a re  separated by a region of braking 
p o w  red swingbys . 
The powered swingby maneuver is  restricted to o c m r  at the mutual 
perifoci of the approach and departure h j ~ e r b o l i c  arcs ;  the powered phase i s  
impulsive and the thrust is  collinear (pro o r  con) to the velocity at closest 
approach. Whether the swingby is  powered o r  unpowcred, the trajectory segment 
leading up to the swingby planet has been pre-determined, this being the mcthod 
by which the program has been designed to obtain swingby solutions. Therefore 
the swingby time and the arrival hyperbolic excess velocity a ra  lmown. 
A basic assumption of the powered swingby algorithm used by the 
program is  that the flight time from the swingby planet to the next target is  
specified. This being so, the program is able to converge, by iteration, on 
some ballistic trajectory from the swingby planet to the next target having 
the specified transfer time, implying that the departure hyperbolic excess 
velocity at the swingby planet is  thereby determined. Therefore, the helio- 
centric trajectory before and after the swingby planet is  determined, and it 
then remains to perform the required computations pertaining to the hyperbolic 
a rcs  within the swingby planet's sphere of influence. The computations a re  
outlined In a companion document [ lo]  which is  bei ng published concurrently 
with this report. 
The unpowered swingby maneuver is  considered to be a powered 
swingby having hV= 0. The program adjusts the post-swingby heliocentric 
trajectory segment, by iteration, until the swi~gby  departure Vm magnitude 
equals the given arrival Vm magnitude. The primary independent variable in 
this iteration is  the post-swingby transfer time to the specified target, which 
was held constant in the powered swingby case, 
The program can generate multiple-revolution ballistic arcs ,  and a 
particular solution obtained by the program may not be unique, even for  the 
same transfer time. A l l  solutions a re  reachable, however, by means of in- 
putting an appropriate initial velocity guess for the trajectory segment in 
question. 
Deep Space Burn. In simulations of trajectories which a r e  all-ballistic, 
the program is  now capable of simulating a single deep space burn, o r  impulsive 
velocity-change, at any point prior to arrival at the primary target. The three 
components of the incremental velocity bV a re  independent variables of the 
boundary value problem, such that, at a specified time, the spacecraft velocity 
is lncremented: 
k+ = k- + b v  
The optional existence of a deep space burn provides greater targeting 
flexibility in simulations of multiple target missiom. 
V Opttmization in LVI RIodc . 
a0 
The optimization of the launch excess 
velocity VoD when using the Launch Vehicle Independent (LVI) mode of simulation 
is accomplished when the initial primer vector is forced to vanish: 
This i s  accomplished by setting the values of these three independent variables of 
the boundary value problem to zero and turning their triggers off; the three com- 
ponents of the departure heliocentric velocity become independent variables in- 
stead. The program has been augmented with special logic to circumvent the 
numerical singularity associated with the null primer vector. 
Print Expansion. The standard trajectory block print has been expanded 
to include target-relative position and velocity coordinates of the spacecraft, 
and comet nuclear and total magnitudes a s  seen by both the spacecraft and 
Earth. A more detailed description is  given in h01 .  
Extra-Ecliptic Missions. Extra-ecliptic mission simulations now 
involve launches from the Earth in which the Earth's ephemeris is generated 
by the program's analytic ephemeris capability; previously, extra-ecliptic 
missions were generated simply by starting the trajectory on the x-axis at one 
astronomical unit from the sun. This improved extra-ecliptic capability 
allows the launch date to be optimized together with the launch asymptote 
declination. Also, an additional set of boundary conditions has been added 
to the program for simulating extra-ecliptic missions, and these a r e  given 
in [lo' . 
Miscellaneous Improvements. Ephemerides for several additional comets 
and asteroids have been included in the program's analytic ephemeris capability, 
increasing the total number of possible targets to fifty-one. The ephemeris 
arrays have been expanded to allow up to seventy targets. 
The program option of generating a ballistic trajectory a s  an initial 
guess for an electric propulsion mission has been expanded to  allow multiple- 
revolution trajectories. 
The capability has been added of monitoring the proximity of any 
given spacecraft trajectory to any object in the solar system. 
Another capability has been added of specifying enforced coast 
phases for selectnd intervals throughout a given mission. 
Finally, a major size-reduction of the HILTOP program was 
completed, from 436K to 326K hexadecimal locations, a reduction of 25?", 
allowing faster turn-around time on the GSFC IBM 360/91. 
QUICKTOP III/CIIEI~YTOP 111 COAIPUTER PROCRAbI I'SAGE 
w I 17 I The QUICKTOP 111 and CHEBYTOP 111 computer programs have 
been obtained from the NASA Ames Research Center, Moffett Field, California, 
and converted to run on the IBM 360/01 computer a t  the Goddard Space Flight 
Center. These trajectory optimization computer programs were used initially 
in the Sert  111 comet rendezvous missicn study discussed in Section 11, and 
aided in establishing the feasibility of using the Sert  111 spacecraft for thcse 
comet rendezvous missions. However, it was determined ear ly in the study 
that the QUICKTOP/CHEBYTOP prograins were consuming a s  much o r  more 
C1 I 
machine t ime a s  the HILTOP program. For  this reason, a decision was 
made to solely use the HILTOP program for  the comet rendezvous study, since 
the authors a r e  more familiar with this computer program. The QUICKTOP/ 
CHEBYTOP computer programs remain ready for use at  the Goddard Space 
Flight Center by any interested persons. 
VII . ERROR AKALYSIS OF HIGH-TIIRI'ST hIAKEUVFI<S 
High thrust burns can result in large postbusn e r r o r s  ivhen applied to 
spin-stabilized spacecraft. In addition to thc simulation of the burn, an 
algorithm predicts the expected e r r o r s  after high thrust maneuvers. 'I'he pro- 
cedure incorporates naviyational uncertainties in the pre-burn state, and attitude 
and magnitude e r r o r s  during the burn to estimate e r r o r s  in the resulting orbital 
elements. The work was performed by W. Bjorkman. 
To add to  the concreteness of the analytical development, the S~~nchronous 
Meteorological Satellite (SMS) mission is discussed as  a sample case. The apogee 
burn of the PMS mission is performed by firing the solid rocket of a spin-stabilized 
spacecraft near apogee of the transfer orbit. The rocket burns for about 23 
seconds, imparting a delta-velocity of about 1723 m/sec along the direction of 
the spin axis. The time of firing the rocket and the attitude of the spin axis a re  
controllable. Appropriate values for these control parameters (firing time and 
attitude angles) can be determined from a scanning procedure. Any procedure 
used to establish control parameters will use 'best estimates" of the transfer 
orbit state and the expected delta-velocity from the rocket. The estimated trans- 
f e r  orbit state will always differ from the true orbit state because of navigation 
e r r o r s  (i. e., e r r o r s  caused by neglected e r r o r  sources, incomplete modeling o r  
measurement e r r o r s  in the orbit determination process). The solid rocket will 
not deliver exactly the delta-velocity stated by the manufacturer. In addition to 
these e r ro r s ,  the knowledge of spin-axis attitude will be in e r r o r  by uncertainties 
in the attitude determination process. An algorithm was developed for assessing 
the effects of navigation e r r o r s  and burn e r r o r s  (i. e . ,  delta-velocity and attitude 
determination e r ro r s )  on the achievement of mission objectives. Attitude control 
e r r o r s  a r e  not considered, nor a r e  e r r o r s  in firing time. The algorithm makes 
use of an impulsive burn model and linear propagation of e r r o r s  through the 
burn. A particular set of mission objectives is assumed without assuming a 
linear relationship between mission constraint parameter variations and naviga- 
t ionhurn  er rors .  The validity of the linear e r r o r  propagation assumption is 
demonstrated with a numerical example. 
Navigation errors  a re  specified by means of a GxG covariance matrix, 
P , referred to tk anchor epoch, to' and a suitable coordinate frame. P 0 0 
should include uncertainties due to all orbit determination errors ,  and not simply 
those uncertainties caused by measurement noise. The Cartesian state e r ro r ,  
2 is the diffcrence between the true state at epoch and the "anchor vector". 
0' 
We assume 
and 
where €! is the expectation operator. References to equations In this section 
of the report apply to equations in this section only. Small deviations in the 
state propagate linearly along the transfer orbit between t and the firing time, 
0 
tf' by means of the "mean conic" state transition matrix, V(t . t ). f '  0 
This transition matrix is evaluated from the anchor vector and the osculating 
state (integrated from the anchor vector) at t using the average reciprocal f' 
semi-major axis at the two terminals in calculation of the incremental regulariz- 
ing anomaly. Table V11 -1 illustrates numerically the adequacy of equation 
(3) for propagation of e r ro rs  along the SMS-A transfer orbit. Linearity er rors  
may be smaller than those shown in the table, because a coordinate system in- 
consistency was detected after the tabulated data were generated. The transition 
matrix is deterministic and therefore commutes with the expectation operator. 
The effect of navigation e r ro rs  on the state at firing time is thus given by P in f 
equation (5). 

Apogce burn e r ro r s  a re  specified a s  "proportional" and "pointing" er rors .  
The proportional e r r o r  is a dclta-velocity e r ro r  which is proportional to the ex- 
pected total delta-velocity, AT. Random behavior is assigned to the proportional 
e r ror .  
Attitude e r ro r s  contribute a delta-velocity e r ro r  approximatcly in the plane 
normal to TV. Uni l  basis vectors in that plane a r e  defined by 
and 
Pointing e r r o r  is a circular e r r o r  probability number assigned to attitude de- 
termination accuracy. It is treated a s  having a normal distribution about zero 
mean in each of two orthogonal directions. 
The delta-velocity vector (with e r r o r s  included) may be written 
To linearize the burn wc write thc delta-vclocity e r ro r  in the form 
where r , r and r a r e  uncorrelated random numbers of zero mean and unit 
v e n 
variance, defining 
The covariance matrix of delta-velocity e r r o r s  is 
where M is  defined by the following equation 
M = a ( r  r r )  
V' e' n , =, =, " I 
v e n  
The adequacy of the linear model for burn e r r o r s  is illustrated numerically in 
Table VII -2. The comparisons were obtained by multiplying random samples 
of ? by M of equation (16) and differencing these with (A'V of equation (12) 
0 
- E). The input standard deviations were: = ,0025 and C = (. 43157.3) . 
=v a 
Table VI1 -2 
Linear Propagation Verification: Burn Errors  
(In meters/second) 
The post-burn state is computed impulsively by adding A V  to the prc- 
burn velocity. 
Errors  a re  added the same way, 
+ 
The covariance matrix of post-burn e r ro r s ,  P , is then computed adding 
- -2' 
e ( A V  A V  ) of equation 0 5 )  to Pf of equation (5). Navigation and burn e r r o r s  
a ~ > e  assumed uncorrelated. 
A vector, @, of missfon constraint parameters was defined for the SMS 
+ 
mission. Each elemc:t of @ can be computed unambiguously from >I . The 
parameters are :  
required three-i~npulsc trim velocity rcqui red to circular izc 
at  synchronous radius ~ 4 t h  a specified inclination and node 
longitudtnal drift rate 
eccentricity of the prc-trim orbit 
inclination of the pre-trim orbit 
ascending node of the pre-trim orbit 
Table VII -3 compares constraint vector e r ro rs  computetl from liwarly- 
propagated errors  with er rors  propagated by %on-linear" means. 
Table VII -3 
Linear Propagation Verification: Constrzht Parameters 
- + 0 
PSI = +0( i pG0 + ( h l i  ) )  linear $ 
Sample 
1 PSI  
ERR 
2 PSI 
ERR 
3 IS1 
ERR 
4 PSI 
ERR 
5 PSI 
ERR 
6 PSI 
ERR 
ERR = XA - @ (XI) 
TRIMV 
253.59 
.06 
284.83 
.06 
317.76 
.07 
252.05 
.13 
263.13 
.13 
315.69 
.14 
DRIFT 
64.97 
.02 
66.78 
"02 
58.99 
.02 
54.81 
.04 
66.59 
.04 
68.77 
.04 
5 5 
linear & error 
Variation of some of these parameters with 2' is very non-linear, s o  a 
Monte Carlo procedure was implemented as  part of the e r r o r  dnalysis algorithm. 
The valid assumption of linearity of e r r o r  propagation from anchor epcch through 
the burn (equations (3), (13), and (18)) makes is reasonable to sample post-burn 
+ 
e r ro r s  directly from P of equation (19). 
Statistical characteristics of the constraint parameter e r r o r s  a r e  com- 
puted from the Monte Carlo samples. These characteristics (as implemented 
to test the algorithm) a1 F: 
1. minimum value 
2. maximum value 
3. mean 
4. standard dev'stion 
5. probability that (6 I s E (E input range) 
6. probability that 16 I s 2e 
- 
7. probability that I $ 1 s 3e 
A frequency histogram of 20 equal algorithm intervals about zero was 
also implemented for the test. A l l  tests indicate that the algorithm a s  described 
is  a valid one for e r ro r  analysis of high thrust maneuvers. 
The algorithm for e r r o r  analysis of high-thrust maneuvers may thus be 
stated: 
1. Propagate the ravigation e r r o r  covariance matrix to firing time 
(equation (5)). 
2. Add the velocity-impulse e r ro r  covariance matrix, M, to  the 
navigation e r r o r  covariance matrix a t  firing time (equation (19)). 
3. Sample post-burn state e r r o r s  from the resulting state e r r o r  
covariance matrix using a rsndom number generator. 
4. Add the sampled state e r ro r s  to the er ror less  pant-burn state. 
Compute the mission constraint parameter error by differencing 
the value computed with the erroneous state a1.d that computed 
with the errorless ~ t a t e .  
Accumulate statistics of constraint parameter errors, 
Return tc step 3 a specified number of times. 
Display statistics of constraint parameter errors. 
APPENDIX A 
This appendix consists of detailed tabular data pertaining to Section I1 
on comet rendezvous missions. A glossary of the tabulated parameters precedes 
the tables, which have headings sufficient to define their contents. 
The explanattons and comments below may be helpful in clarifying the 
definitions and usefulness of some of the tabulated quantities. Refer also to the 
glossary mentioned in the preceding paragraph. These comments a re  in no parti- 
cular order. 
(1) The quantities r and 8 may be used t o  determine (on all  but 
corn com 
the f irs t  table "Launch Date Variation") the rendezvous communication 
distance and angle along the 
SUN 
orbit of the comet, i. e, , after 
-
the rendezvous is accomplished 
and while the spacecraft is  travel- 
ing along with the comet. Also, 
the p tabulation effectively dis- t EARTH 
plays the power available to the SPACECRAFT 
spacecraft a s  it moves along with tlie comet. 
(2) The f i rs t  table, labelled "Launch Date Variation", may be used to  obtain 
a rough idea of the mission window width for the ~ i a c o b i n i - ~ i n n e r h 9 8 5  
rendezvous mission using a Titan 111 ~ / ~ e n t a u r  launch vehicle; the re- 
sults of a mission window analysis would depend on the analyst's criteria. 
(3) In the burn time, t tabulation, "cont. " means %ontinuous" which stands b' 
for  continuous thrusting throughout the pre-rendezvous portion of the 
mission: $, = tf. See the discussion in Section I1 of the main report con- 
cerned with single-engine throttling for the proper method of computing 
individual engine on-time requirements. 
(4) Pertaining to  Omin and Omax , the thrust cone angle @ is  depicted by 
the following sketch: THRUST 
SUN SPACECRAFT 
(5) The initial spacecraft mass  is given by 
m = m  + m  + m  + m  
o ps  p t net 
where m i s  the propulsion system mass  (see main text, Section 11, 
PS 
for discussion), equal to 262.6 kilograms, m and m a r e  tabulated, 
P net 
and m = 0.1 x m . m was computed by the HILTOP program a s  a 
t P 0 
function of the launch characteristic speed v according to  the expression: 
C 
For  m in kilograms and v in meters  per second, the coefficients 
0 C 
a r e  : 
bl bz b3 
Titan 111  c centaur 167238.95 3480.2038 1753.6965 
~ h u t t l e / ~ r a n s t a g e  2859382.94 1715.7632 1199.9231 
(6) The importance of the launch asymptote declination 6 and parking orbit 
inclination i a r e  discussed in Section IV of the main text. When 
0 
16 1 28 .5, the launch is due-east, and, for possible comparison with 
other studies, the tabulated m and voD columns give the dependence of 
0 
launch vehicle injected mass  m on departure excess speed vs. This 
0 
is not t rue when 16 1 > 28'. 5 because then other factors contribute to 
the launch phase characteristic speed. 
GLOSSARY OF TABULATED PARAMETERS 
r 
max 
r 
com 
8 
com 
'min 
9 
l,.dX 
A A 
tf 
tb 
m 
0 
m 
P 
m 
net 
Pt 
v'e 
Arrival date, days from perihelion passage. 
Minimum solar  distance encountered along trajectory, AU. 
Maximum solar  distance encountered along trajectory, AU. 
Earth-spacecraft distance a t  arrival,  AU. 
Sun-Earth-spacecraft configuration angle a t  arr ival ,  degrees. 
Minimum thrust cone angle required, degrees. 
Maximum thrust cone angle required, degrees. 
Change in longitude during the mission, degrees. 
Launch asymptote declination, degrees. 
Inclination of launch parking orbit, degrees. 
Launch date, calendar date. 
Mission duration, days. 
Total propulsion system on time, days. 
Initial spacecraft mass, kilograms. 
Low thrust propellant mass, kilograms. 
Net spacecraft mass, kilograms. 
Power developed by a r rays  a t  target arr ival ,  kilowatts. 
Launch hyperbolic excess speed, meters  per  second. 
Clacoblnf-Zfnner(85) Rendezvous 
r 
com 
.45 
.45 
.45 
.45 
-45 
.45 
.45 
.45 
.45 
.45 
.45 
.45 
-45 
.45 
.45 
.45 
.45 
.45 
Launch Date Var latlon 
m 
net 
348.6 
360.0 
367.0 
375.9 
391.6 
416.4 
452.6  
501.4 
550.0 
619.6 
667.6 
691.8 
Gb4.6 
645.6 
591.6 
503.7 
422.2 
343.2 
r 
corn 
.45 
.47 
- 5 1  
.57 
.64 
.71 
.79 
.88 
.98 
1.08 
1.19 
1.32 
1.45 
1.60 
1.76 
1.93 
1389.6 1399.2 
1385.1 1384.3 
1383.2 1371.5 
1384.0 1361.2 
1387.9 1353.4 
cont. 1344.1 
cont. 1324.4 
cont. 1294.7 
cont. 1254.3 
cont. 1205.8 
cont. 1153.0 
cont. 1099.2 
cont. 1047.1 
cont. 996.8 
ront. 950.2 
cont. 907.0 
m 
net 
693.1 
685.9 
679.0 
672.4 
666.5 
661.1 
651.8 
632.9 
602.9 
564.1 
520.0 
474.0 
428.7 
384.4 
343.1 
304.6 
cont. 
cont . 
cont. 
cont. 
cont. 
cont. 
cont. 
cont. 
cont. 

r 
mla r cam 
cont . 
cont, 
cont. 
cont. 
cont. 
cont. 
cont. 
cont. 
cont. 
cont. 
cont. 
ccnt. 
cont. 
cont. 
cont . 
cont. 
cont. 
cont. 
cont. 
cont. 
cont . 
cont. 
cont. 
cor1t. 
cont. 

r 
mln 
1.016 
1.015 
1.015 
1.015 
1.015 
1.015 
1.015 
1.015 
1.015 
1.015 
1.014 
1.014 
1.014 
1.014 
1.013 
1.013 
1.012 
1.010 
1.009 
1. 007 
cont. 
cont. 
cont. 
cont. 
ccmt. 
cont. 
cont . 
cont. 
cont. 
cmt. 
..‘ant. 
cont. 
r r r 
mtn m u  com 'corn 'm~n f tb m m o P net 't 
cont.. 
cont. 
cont . 
cont. 
cont. 
1069.1 
1051.2 
1035.2 
10'1.0 
1003.4 
1003.1 
cont. 
cont. 
cont. 
cont. 
cont. 
cont . 
cont. 
cont. 
ront. 
cont . 
cont . 
r r 8 Ak b I LD AD 'mtn mu cam corn 'mh 'mu 'r b m rn m 0 P pt 5 
1135.3 
1141.3 
1144.9 
1149.9 
1156.7 
1165.8 
1173.1 
1199.5 
1227.6 
1272.2 
cont. 
cmt. 
cmt. 
cont. 
runt. 
conl. 
cont. 
o o o c o c c o ~ c o c o q 3  
IT. bn La LC L;. LT. I,'. LC L. I-. L? L: I.: & . I? 
. . . . . . . . . . . . . . .  
m m a . r n r r ~ m ~ ~ x x i r r ~  
N N N N C4 f l  N CJ N C l  f J  C J  @ I  C 1  CJ 
O P O C C  O C O O C  o c o  
.............. 
d 1 I 
m 
net 
842.4 
832.0 
821.7 
811.5 
801.5 
791.7 
782.1 
772.8 
763.8 
755.0 
746.6 
738.7 
731.1 
724.0 
717.6 
711.7 
706.7 
702.8 
700.3 
G9Y.  9 
703.2 
714.2 
cont. 
cont. 
cont. 
corit. 
cont. 
cont. 
cont. 
cont. 
cont. 
C0Ill. 
cont. 
APPENDIX I3 
The equations for thc partial derivatives h v  /8v, and a v  /a 6 are 
g g 
derived from Equations (5) and (6) of Section A7 and are listed below: 
where 
a p/av= = i/v0 . 
with u = v m  or 6 ,  
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